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SECTION I 


INTRODUCTION 


Trailing edge flaps are favored control concepts for a wide 
range of advanced hypersonic missiles, aircraft and reentry vehicles. The 
design of these controls and evaluation of their effectiveness is a 
continuing contemporary problem in hypersonic flight vehicle development. 
Fundamental to the design process is the prediction of heat transfer and 
pressure distributions over the flap surface. Three design parameters are 
of interest. The integral of the pressure distribution provides the 
control forces. The moment of that integral, termed the hinge moment, is 
required to design actuator systems and predict dynamics. Finally, the 
magnitude and variation in heat transfer are required to design thermal 
protection systems. 

Critical flap design environments generally occur at high 
dynamic pressure conditions, such that the boundary layer approaching the 
flap is turbulent. Since the performance of the flap is highly sensitive 
to the nature of the upstream boundary layer, it is essential that analy¬ 
tic and experimental investigations of flap performance properly char¬ 
acterize the in-flight boundary layer state. Unfortunately, Reynolds 
number limitations in existing ground test facilities often preclude 
successful attainment of "naturally" turbulent boundary layers upstream of 
controls on scaled models of flight vehicles. This is particularly true 
when the flap chord dimension is the same order of magnitude as the 
approaching boundary layer thickness, which is a common design condition. 

As a result, boundary layer transition in ground test facilities is most 
often accomplished through the employment of boundary layer trips. This 
procedure alters the natural growth of the turbulent boundary layer and 
may introduce significant error into the simulation of flow over the flap. 
Consequently, a source of data defining the behavior of pressure and heat 
transfer distributions on control surfaces for naturally turbulent upstream 
flow conditions is a valuable aid to the design aerodynamicist. 












The great majority of prior experimental (and analytic) efforts 
applicable to flap design and performance have focused primarily on the 
separated flow problem, with emphasis on the characterization of incipient 
separation conditions. Those efforts which have dealt with turbulent 
boundary layers have, for the most part, been constrained to the two 
dimensional problem, i.e., they have modeled the effectively infinite span 
flap, and have produced results characterizing performance at relatively 
high deflection angles. The effort reported here was directed toward an 
evaluation of compression flap performance at deflection angles below 
those required to induce turbulent boundary layer separation. An experi¬ 
ment was conducted to measure surface pressure and heat transfer distri¬ 
butions on finite span flaps in approaching two-dimensional, naturally 
turbulent, attached flow conditions. Chordwise and spanwise variations in 
pressures and heat transfer rates were measured as functions of flap 
deflection angle. The experiment was conducted in the Continuous Flow 
Hypersonic Tunnel (CFHT) at the National Aeronautics and Space Agency 
(NASA) Langley Research Center (LaRC). 










SECTION II 


EXPERIMENTAL DESCRIPTION 

2.1 Test Facility Description 

The Langley Research Center Continuous Flow Hypersonic Tunnel 
(LaRC CFHT) was used to conduct this experiment in an intermittent or 
blowdown mode. A photograph of the test facility is presented in Figure 
1. The fixed nozzle transitions from a circular throat to a 31.0 in. 
square test section which was operated at a nominal freestream Mach number 
of = 10. The working fluid was air which was heated, after compression, 
by electrical resistance tube bundles to avoid liquification. The nominal 
reservoir conditions were (P ^ = 1650 psia (112.3 atm) stagnation pres¬ 
sure and (T q ) <x) = 1760°R stagnation temperature, providing a freestream 
Reynolds number of 2.19 x 10^ per foot and M^ = 10.19. A more complete 
description of the facility is available in Reference 1. 

2.2 Models 

The basic flat plate model with interchangeable flaps and leading 
edge components is shown in Figure 2. The aftmost section of the plate 
sloped downward from the primary surface, across its span, at a 15 degree 
angle starting at the flap leading edge. The streamwise centerline of 
each of the three flaps tested -- 5.0, 4.0, and 2.0 in. in width, and all 
with 4.0 in. chord lengths, coincided with the centerline of the primary 
surface. Appropriate plates were employed to position the flaps at incidence 
angles of 0, 5, 10 or 15 degrees. Also shown in Figure 2 are the three 
leading edges used in the test, representing sharp and cylindrically 
blunted wedges. Post test measurement of the sharp leading edge indicated 
that the diameter was .037 + .003 in. The radii of the other leading 
edges were 0.5 and 1.0 in. 

The required overall model length (36 in.) was approximately 6 
in. longer than the length of a plate which could be physically injected 
into the tunnel. To overcome this constraint, the model was designed with 
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FIGURE 1. THE LaRC CONTINUOUS FLOW HYPERSONIC TUNNEL 






















a forward segment which was retracted before injection and extended during 
testing. After model injection into the tunnel, the model injection 
system (two pneumatic pistons driven by 100-300 psia air), shown in Figure 
3, translated the forward plate section upstream and laterally into the 
plane of the stationary aft plate section. The forward section was designed 
to ride on pins in slots that guided it to either a retracted or extended 
position. Figures 4a and 4b show the model inside the tunnel in the col¬ 
lapsed and extended positions, respectively. 

The stationary aft section of the model was mounted to a support 
pylon on the injection door. A pivot pin on the pylon allowed the model 
to be rotated to angles of attack up to 12 degrees (compression) relative 
to the flat plate surface. The pylon attachment was designed to keep the 
plate leading edge clear of the 7.28 in. thick tunnel wall boundary layer, 
and the trailing edge of the flap within the reflected bow shock of the 
sharp leading edge at 12 degrees angle of attack. 

Design constraints were also placed upon the width of the model. 
First, it was necessary to keep the span edges of the plate clear of the 
tunnel wall boundary layer. The other opposing constraint was that the 
Mach lines from the extreme corners of the sharp leading edge not reach 
the extreme span corners of the flap trailing edge at a Mach number of 8, 
corresponding to 8 degrees angle of attack. The model width used, which 
was within the design constraints, was 15.0 in. The dimensions of the 
model in the extended position are shown in Figure 5. Two interchangeable 
primary surface plates and two interchangeable sets of flap surface 
plates were constructed. One set was instrumented with backface thermo¬ 
couples and the other with pressure orifices and taps. 

Heat transfer data were obtained from chrome!-alumel thermo¬ 
couples spot-welded to the backside of thin-skin (1/32 inch thick) sections 
obtained by counterboring 7/8 in. diameter flat bottomed holes in the 
primary 3/8 in. 15-4PH stainless steel plate. Thermocouple leads were 
welded with approximately 1/32 in. separation perpendicular to the mean 
flow direction. The flap plate thicknesses were a uniform 1/32 inch. 
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FIGURE 3. PHOTOGRAPH OF MODEL EXTENSION MECHANISM 








































These flaps were essentially thin walled boxes with appropriate sliding 
joints for thermal expansion. Thermocouple data were taken over 2-5 
second residence times in the flow. 

Wall pressure measurements were made via orifices positioned on 
the plate and flaps. The pressure taps were .07 inch I.D. connected to 
piezoelectric transducers utilizing 5-foot long flexible tubing (.125 in. 
O.D.). Pressure tap locations were generally consistent with thermocouple 
locations; however, no pressure taps were located on the model's forward 
section due to the difficulty associated with extending the tubing. 

In addition to the basic model discussed above, an instrumented 
flat plate model was mounted on the tunnel sidewall. This model was 12 
in. wide and 24 in. long and so mounted as to form a 15 degree compression 
angle with the wall. Pressure tap and thermocouple locations for the 
sidewall model are illustrated in Figure 6. 


FLOW DIRECTION 



FIGURE 6. SIDEWALL MODEL DIMENSIONS 







Finally, pitot pressure measurements of the boundary layer were 
obtained at the hinge line of the extendable flat plate model. Measurements 
were made with the 5 in. span flap at a zero degree deflection angle. 

2.3 Data Reduction 

The CFH T Heat Transfer Coefficient Program (Reference 2) was 
used to compute heat transfer rates from the measured temperature-time 
histories. This program computes heat transfer rates based upon the 
procedures of the thin skin, transient calorimeter technique. Digitized 
temperature-time data were obtained by sampling the thermocouple output at 
a rate of 20 times/second. From these measurements, a quadratic least 
squares curve fit of data over a one-second time interval was used to 
obtain 3T w /at. With 0.0 seconds corresponding to model injection, the 
data over the interval 0.1 to 1.1 seconds were curve fit and the temper¬ 
ature derivative evaluated at the midpoint of the time interval. Upon 
obtaining 3T /3t, the local heating rate was computed from 

q = p^lc 3T/3t (BTU/ft 2 -sec) 

^ mm rrm w 

where and c are model material density and specific heat and 1 is 
r mm mm J r 

the local model thickness. Local radiative effects were ignored, as they 
were less than 1% of measured heating rates. Local heat transfer coef¬ 
ficients were then determined from 



where the specified value of the recovery-to-total temperature ratio, 
T r /T t , depended upon whether the flow was laminar or turbulent, and T^. was 
the measured freestream total temperature. Previous experience with 
similar instrumentation and this data reduction system has shown the 
reduced heat transfer data to be accurate to within 10 percent. 

To support subsequent evaluations of the reduced data, the heat 
transfer coefficients were converted to non-dimensional Stanton number 
form by 
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SECTION III 


RESULTS AND DISCUSSION 

Results obtained in the present experiment were evaluated to 
establish the basic reliability of the data and to characterize the pressure 
and heat transfer distributions on finite spans in turbulent boundary 
layer flows. 

3.1 Heat Transfer Data Quality 

The centerline distribution of measured Stanton numbers along 
the flat plate model surface (including the 5 in. span flap at zero degree 
deflection) at 12° angle of attack is shown in Figure 7. Data from two 
different tunnel runs are shown. In one of these runs, the aft facing 
step between the forward and aft plate sections was 30 mils, somewhat 
greater than the nominal limit of 10 mils. As is evident in Figure 7, the 
data are repeatable and the higher step (at station 25) has little influence 
on the downstream heating data. Fully turbulent flow, indicated by the 
maximum in the axial heating distribution, was obtained well ahead (10 
boundary layer thicknesses) of the most forward edge of the flap. 

In Figure 8, the measured centerline aeroheating distribution at 
12 degrees angle of attack is compared to data obtained by Bertram and 
Neal (Reference 4) in the Ames 3.5 ft. tunnel at comparable test conditions. 
The present data are seen to be in general agreement with these previous 
measurements with some differences occurring in the location of transition 
onset. While the behavior of boundary layer transition indicated by these 
data is generally consistent with expected unit Reynolds number and leading 
edge thickness (bluntness) influences, achieving transition on the plate 
required a somewhat greater angle of attack (12 vs. 8 degrees) than sug¬ 
gested by the prior data. This effect is more clearly shown in Figure 9, 
where the 12 degree and 8 degree data are compared. The results demon¬ 
strate the need for the higher incidence angle to affect transition. 
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FIGURE 9. ANGLE OF ATTACK EFFECT ON BOUNDARY LAYER TRANSITION 


3.1.1 Boundary Layer Transition 

As noted above, a major problem in evaluating turbulent boundary 
layer viscous interaction phenomena in hypersonic flow ground test facil¬ 
ities is the establishment of the proper turbulent boundary layer charac¬ 
teristics. In this experiment, three tests were made to determine the 
condition of the boundary layer: 
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(1) Heat transfer rates upstream of the flap were 
measured to detect the onset of turbulent 
flow heating rates. 

(2) The pitot pressure distribution normal to the 
plate was measured to characterize the bound¬ 
ary layer profile. 

(3) Surface pressures upstream of the flap were 
measured to detect boundary layer separation 
if it occurred. 

The design of the experiment was based on a combination of pre¬ 
vious data from flat plate testing in the NASA CFHT (Reference 6) and data 
reported by Pate in Reference 7. These prior data included observations 
of transition in the CFHT at lower unit Reynolds numbers (1.6 x 10^/ft) 
than that employed in the present test. The end of transition, therefore, 
was expected to occur forward of the flap compression corner at 8 degrees 
angle of attack. In the present experiment, not even transition onset was 
observed on the plate at the 8 degree attitude, as illustrated previously 
in Figure 9. The range of flat plate transition data from previous CFHT 
experiments is illustrated in Figure 10. 

The failure to duplicate previous boundary layer transition 
observations at 8 degrees angle of attack caused some concern over the 
validity of the results at 12 degrees angle of attack. Two possible 
sources for the discrepancy are known. First, the unit Reynolds number 
for the present experiment is significantly higher than that previously 
achieved. The prediction of unit Reynolds number effect in the CHFT using 
the Pate and Schueler correlation (Reference 8) is shown in Figure 10. 

The second possible source of discrepancy is the larger leading edge 
diameter employed in the present experiment than that used in previous 
CFHT experiments. The leading edge diameter on the present model was 
0.037 in., while that on the previously tested NASA LaRC model was 0.002 
in. Linear extrapolation of the trend in transition Reynolds number with 
bluntness Reynolds number, Re^, reported by Potter and Whitfield in Ref¬ 
erence 9 would indicate a shift of approximately 6 x 10^ in (Re ).. The 
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FIGURE 11. PITOT RAKE MEASUREMENTS FOR SHARP NOSE FLAT PLATE 


3.1.2 Boundary Layer Profiles 

The pitot pressure distributions were measured in the boundary 
layer at the location of the compression corner, for a zero degree flap 
deflection. Presented in Figure 12 is the nondimensionalized pitot pres¬ 
sure profile for the 12 degree data. The static pressure measured at this 
location was .335 psia which agrees very closely with the value predicted 
by the oblique shock relations. Assuming the static pressure to be con¬ 
stant through the boundary layer, the Mach number distribution can be 
determined from the isentropic flow equations. The Crocco-Busemann equa¬ 
tion {Reference 10), modified for Prandtl number not equal to 1, 


T - Tw + C r Jyl \ u + /i Tr 

v r tt T - t; 


can then be used with the computed Mach number profile 
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to calculate the boundary layer velocity profile. These velocity/position 
points (except the point next to the wall where wall interference is 
likely present) have been transformed to logarithmic coordinates in Figure 
13. The slope of a linear fairing through these points yields the exponent 
of the power law velocity profile 



1/11.4 
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where the boundary layer thickness at the compression corner, <5 , is 0.31 
in. 
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FIGURE 12. PITOT PRESSURE SURVEY FOR TURBULENT BOUNDARY LAYER 


20 











•S 


o 

























0 -.02 -.04 -.06 -.08 -.10 -.12 

ln(U/U g ) 

FIGURE 13. VELOCITY PROFILE IN TURBULENT BOUNDARY LAYER AT STATION 32 


Following the method employed by Hopkins, Keener and Dwyer in 
Reference 11, the velocity distribution in the boundary layer has been 
transformed to the incompressible equivalent reduced velocity profile by 
the van Driest (Reference 5) function 
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This distribution is compared in Figure 14 to the transformed data of 
Hopkins, Keener and Dwyer. Also shown is Cole's law of the wall and wake 
(Reference 12) in the form 


















The results presented in Figures 11-14 indicate that the boundary 
layer approaching the flap in the present experiment was turbulent. Since 
the exponent of the power law velocity profile (-1/11) had not attained the 
value indicative of equilibrium turbulence (-1/7), it appears that the 
approaching boundary layer was in a state of non-equilibrium turbulence. 

r 

3.1.3 Two-Dimensionality of Approaching Flow 

The spanwise distribution of pressures at station 29 on the 
plate is illustrated in Figure 15. The Stanton number distribution at the 
same station is illustrated in Figure 16. Although the spanwise pressure 
distribution on the plate is influenced by edge effects, the pressure 
along the leading edge of the widest span flap is characteristic of two- 
dimensional flow. However, the heating data seem to indicate a peak 
heating off the centerline. This may be due to the fact that the centerline 
heat transfer result at station 29 is a low measurement as indicated by 
the trend of the centerline heat transfer data shown in Figure 7. 
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FIGURE 15. LATERAL PRESSURE DISTRIBUTION ON THE PLATE AT STATION 29 
(3 IN. UPSTREAM OF COMPRESSION CORNER) 
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Surface pressure and heat transfer measurements on the NASA LaRC 
CFHT sidewall plate, on which the sidewall flap was mounted as part of the 
present experiment, were reported by Throckmorton in Reference 13. The 
data are not shown here, but Throckmorton reports that a significant 
lateral flow exists in the CFHT sidewall boundary layer. Although it was 
realized that the lateral flow effects would seriously complicate the re¬ 
duction and interpretation of the sidewall flap data, it was anticipated 
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that at least qualitative information could be obtained which would demon¬ 
strate the effect of a thick turbulent boundary layer on flap performance. 

3.2 Flap Cent e rline Flow Properties 

I *ed pressure and heat transfer distributions along the flap 
centerline t ar to be consistent with distributions measured on nearly 
two-dimensional flaps by other investigators. The spanwise pressure and 
heat transfer distributions were constant over a significant fraction of 
the widest span flap, as will be shown below. 

3.2.1 Measured Centerline Flow Properties 

The behavior of pressure and/or heat transfer distribution along 
the centerline chords of compression flaps with effectively infinite spans 
has been reported by Roshko and Thomke (Reference 14), Holden (References 
17 and 18), Elfstrom (References 15 and 19), and Coleman and Stollery 
(Reference 16). Although the investigations were primarily directed 
toward the case of incipient separation, they also provide valuable data 
and insights for the attached flow case, usually at high deflection angles. 
The flap deflection angles maintained in the present experiment (0 to 15 
degrees) were below the value required for separation. The distribution 
of pressure coefficient, (C p )j, along the 5 in. flap used in the present 
experiment is shown in Figure 17 for each of four deflection angles. Note 
that boundary layer separation was not evidenced, as all the pressure 
values at a point 1 in. upstream of the compression corner are coincident, 
regardless of the deflection angle. 

Centerline pressure data, obtained in the present experiment and 
in previous investigations, for a 15 degree ramp under a variety of upstream 
conditions are shown in Figure 18. An appropriate length scale for the 
pressure distributions is the oncoming boundary layer thickness, as demon¬ 
strated in Figure 18. With the exception of the sidewall data, for which 
the flap chord was only three boundary layer thicknesses in length, the 
pressure distributions approach their respective inviscid wedge values 
approximately 5 to 6 boundary layer thicknesses downstream of the com¬ 
pression corner. It would thus seem appropriate to scale the ordinate 
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FIGURE 18. FLAP CENTERLINE PRESSURE DISTRIBUTION COMPARISONS 
(15° COMPRESSION ANGLE) 









































FIGURE 19. FLAP PRESSURE RISE SCALING AT A 15 DEGREE COMPRESSION CORNER 









with (C As shown in Figure 19 the distributions are reduced to a 
P 1 

family of curves with the Mach number as an apparent parameter. Conditions 
upstream of the CFHT sidewall flap (M-j = 10.2 in Figure 19) were known to 
deviate from a two-dimensional, zero pressure gradient flow, and the 
sidewall flap pressure data do not follow the trend of the other data. A 
simple empirical correlation which fits the data in Figure 19 reasonably 
well for AX/5 C < 7 is 


cel. = 

CPi 




( 6 ) 


where: m, = 0.65 - 0.058M^ 


m 2 = 0.099 + 0.017M-j 


m 3 = -0.0071 - 0.0012M-j 


It is assumed that the pressure coefficient attains the inviscid level and 
remains constant for AX/6 c < 7. Although this fit was extracted from 
pressure data taken for 15 degree flaps, the equation is in general agree¬ 
ment with the 10 degree data of the present experiment. 

The distributions of measured centerline heating rates on the 
widest span flap are shown in Figure 20 for deflection angles of 0, 5, 10 
and 15 degrees. The data are expressed in terms of the nondimensional 
Stanton number, St-j, where the subscript 1 signifies that the quantity is 
referenced to conditions immediately upstream of the flap. The heat 
transfer distribution for the sidewall ramp (A = 15 degrees) is shown in 
Figure 21. For comparison, the data reported by Coleman and Stollery in 
Reference 16 for a flap subjected to approximately the same upstream Mach 
number are also shown in Figure 21. The Coleman and Stollery data were 
taken for the same thin oncoming boundary layer as were the pressure data 
reported by Elfstrom in Reference 15 (Figures 18 and 19). As will be 
shown in the section below, the shape of the oncoming Mach number profile 
has a significant effect on the distribution of surface pressure and heat 
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indicating a thin subsonic region. Elfstrom also demonstrates that neither 
Reynolds number nor wall temperature has any significant effect on the 
centerline pressure distribution. Roshko and Thomke (Reference 14) made 
similar observations and modeled the attached flow compression as an 
inviscid, rotational flow. A method of characteristics was used to predict 
the static pressure distribution along the wedge. 

Elfstrom later followed a similar approach but alleviated much 
of the complexity associated with the method of characteristics. The Mach 
number profile upstream of the flap is divided into layers of constant 
Mach numbers, as shov/n in Figure 22a. The layer adjacent to the wall is 
assumed to be supersonic. Starting with the lowest layer, the curved 
shock is constructed layer-by-layer using the local upstream Mach number 
and the wedge angle to obtain the local shock angle. The entire flowfield 
behind the shock is assumed to turn parallel to the flap. Given the Mach 
number distribution behind the shock, the Mach lines may be traced from 
the shock to the flap surface. It is assumed that the pressure disturbances 
propagate along the Mach lines and do not reflect. 

An even simpler approach is illustrated in Figure 22b. Mach 
numbers behind the shock are computed using the wedge angle and the local 
upstream Mach number. However, the Mach lines are assumed to extend from 
a straight shock whose angle is determined from the edge Mach number and 
the wedge angle. Furthermore, the angles of the Mach lines immediately 
behind the shock are assumed to travel to the flap surface in a straight 
line. In this manner, a closed-form expression may be derived which 
provides the relationship between the height, Y, of a Mach number, M-j(Y), 
in the approaching flow and the corresponding location, AX, of the corres¬ 
ponding pressure rise on the flap. 


1 

——— i 

line 


cos (B-A) + 


;in(B-A) 

:an 


where d is the shock angle at the boundary layer edge and 1S the local 
Mach angle behind the shock. Although this simplified method has no firm 
physical basis, it agrees reasonably well with Elfstrom's method and with 
available data, as will be shown. 
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FIGURE 22a. ELFSTROM FLOW MODEL 



FIGURE 22b. SIMPLIFIED FLOW MODEL 









A method for predicting centerline heat transfer distributions on 
the flap was proposed by Coleman and Stollery (Reference 16) 
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where q c is the heat transfer rate immediately upstream of the compression 
corner. They demonstrate that this approximation, combined with the method 
suggested with Elfstrom, provides good agreement with measurements they made 
as well as with Holden's measurements (Reference 17). 

Comparisons of the modified Elfstrom method, for predicting flap 
surface pressures, and the Coleman and Stollery method, for predicting flap 
centerline heat transfer rates, with available data are presented in Figures 
23-26 for deflection angles of 5, 10, 15 and 30 degrees, respectively. 
Equation (7) was used to construct the curves relating AX/Y to M^(Y/6 r ). 

Such curves are independent of the shape of the Mach number profile. With 
the exception of the Mach number profile upstream of the sidewall flap, the 
Mach number profiles for the various data are similar, as shown in Figure 
27. The modified Elfstrom method compares well with the pressure data 
presented. The Coleman and Stollery method, used in conjunction with the 
modified Elfstrom method (equation 7), compares reasonably well with the heat 
transfer data. However, for the 15 degree deflection, the method shows good 
agreement only with Coleman and Stollery's data. 


3.3 Finite Span Effects on Pressure and Heat Transfer 

A primary objective of the experiments conducted under this 
program was to evaluate the influence of finite flap spans on pressure and 
heating levels on the flap surface, with a specific orientation toward 
design applications. The bulk of the earlier work in this area, in con¬ 
trast, was focused principally on the separation problem and the detailed 
physics of the separation process. Gray and Rhudy (Reference 21) did, 
however, previously examine some finite span effects for the attached flow 
situation. 
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FIGURE 24. COMPARISON OF FLAP DATA WITH ELFSTROM AND COLEMAN/ 
SYOLLERY PREDICTION AT 10° COMPRESSION ANGLE 
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FIGURE 25. COMPARISON OF FLAP DATA WITH ELFSTROM AND COLEMAN/ 
STOLLERY PREDICTION AT 15° COMPRESSION ANGLE 
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FIGURE 26. 


2 4 6 8 10 12 

PROFILE MACH NUMBER, M(y/6 ) 

COMPARISON OF FLAP DATA WITH ELFSTROM AND COLEMAN/ 
STOLLERY PREDICTION AT 30° COMPRESSION ANGLE 





















illustrated in Figure 28. The Mach number downstream of the flap shock, in 

the flow just outside the boundary layer, is termed M ? , with the associated 

-1 c e 

Mach line given by y 9 = sin (1/M ? ). 









3.3.1 Span Effects on Centerline Distributions 


The variation in the chordwise distribution of pressure along the 
flap centerline is shown for three different span flaps in Figures 29, 30 
and 31 at deflection angles of 5, 10 and 15 degrees, respectively. (Data 
for the 4 in. span flap at the 15 degree deflection appeared anomolous and 
were omitted). For a given deflection angle, the centerline presure dis¬ 
tributions for the three flap spans were generally quite consistent and show 
virtually no sensitivity to span effects (although the smallest flap, at 
the highest deflection angle, does show a slight span influence). In each 
case, however, the centerline pressures are clearly defined by the nature of 
the approaching boundary layer, and smoothly rise to the inviscid two- 
dimensional limit. 

In distinct contrast to the pressure results, the influence of 
span variation on the chordwise distribution of heat transfer is quite 
significant, as illustrated in Figures 32, 33 and 34. The forward movement 
of the peak in the chordwise distribution appears to be related to the 
proximity of edge effects, and is the likely result of increases in spanwise 
pressure gradient which accompanied increases in deflection angle and 
reductions in span. A correlation of this edge effect influence is illus¬ 
trated in Figure 35, where the ratio of measured Stanton number, St-j, to 
that recorded on the widest span flap (b f = 5.0 in.), denoted by (St-|) 2D , 
is shown as a function of the chordwise approach to the Mach line emanating 
from the leading edge corner of the flap. Within the accuracy of the data, 
the effect of finite flap span appears to consistently effect a small in¬ 
crease in the level of the heat transfer rate over much of the centerline 
length. 


3.3.2 Span Effects on Spanwise Distributions 

The spanwise distribution of measured pressure coefficients on the 
flap is shown at three chord locations, for three spans and three deflection 
angles, in Figures 36-38. The pressure levels for the smallest span are 
consistently higher than those for the larger span flaps, suggesting r 
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FIGURE 31. EFFECT OF FLAP SPAN ON CENTERLINE PRESSURE 
DISTRIBUTION (15° DEFLECTION) 
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FIGURE 32. EFFECT OF FLAP SPAN ON CENTERLINE HEATING 
DISTRIBUTION (5° DISTRIBUTION) 
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FIGURE 33. EFFECT OF FLAP SPAN ON CENTERLINE HEATING 
DISTRIBUTION (10° DEFLECTION) 
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FIGURE 35. SPAN EDGE EFFECT ON FLAP CENTERLINE HEAT TRANSFER 
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FIGURE 36. EFFECT OF FLAP DEFLECTION ON SPANWISE PRESSURE 
DISTRIBUTIONS AT 25% CHORD STATION 
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tendency for the shock to become more three-dimensional in nature for the 
small span widths. A correlation of the influence of finite span edge 
effects on measured spanwise pressure distributions is shown in Figure 39, 
where the variation in spanwise pressure coefficient (normalized by the 


centerline coefficient, (Cp)^, at the same chord location) is shown as a 
function of the distance, Z, from the edge of the flap (normalized by the 


distance, Z , of the Mach line emanating from the most forward edge of the 
span from the same reference location). The qualitative correlation is 


evident, and appears sufficiently consistent to assign first order effects 


in spanwise pressure variations to span edge effects. The failure of the 


data to reach the centerline pressure at a value of Z/Z^ = 1 suggests that 
the edge effects are controlled by lower valued Mach numbers within the flap 


boundary layer rather than the "edge" Mach number behind the flap shock. 

The reduction in pressure as the flap edge is approached (smaller values of 


Z/Z^) is typical of edge influences on finite span plates in two-dimensional, 
supersonic flow. 


The spanwise distribution of heat transfer rates on the flap at 
three chord stations is illustrated for three spans and three deflection 
angles in Figures 40-42. Spanwise distributions are shown for the same 
chordwise stations that the pressure distributions were shown for above. A 
correlation of the inviscid flow edge effects on the spanwise heat transfer 
distribution is illustrated in Figure 43. This correlation has omitted data 
points from thermocouples closest to the flap edges, since nonlinearities 
were observed in the temperature-time output from these instruments. A 
comparison of these heating data with the similarly correlated pressure data 
of Figure 39 shows that the heating rate is less sensitive to span effects 
than the pressures. This behavior is consistent with expectations, in that 
the spanwise pressure gradient implies a thinner boundary layer (relative to 
the two-dimensional case) and accompanying higher heat transfer rates. In 
terms of overall flap thermal environments, the correlations of Figures 35 
and 43 suggest that an understanding of centerline heating rate distributions 
provides the flap designer with adequate information to define the baseline 
heating environment for the entire flap. 
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FIGURE 40. EFFECT OF FLAP DEFLECTION ANGLE ON SPANWISE HEAT 
TRANSFER DISTRIBUTION AT 25 % CHORD STATION 
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FIGURE 42. EFFECT OF FLAP DEFLECTION ANGLE ON SPANWISE HEAT 
TRANSFER DISTRIBUTION AT 87.5% CHORD STATION 
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3.3.3 Span Effects on Flap Moments and Forces 

Departures from ideal (inviscid, two-dimensional) flap performance 
caused by upstream viscous effects and by finite span effects are illustrated 
in Figures 44 and 45. All moments and forces are nondimensionalized by the 
inviscid, two-dimensional value, (h^Q ^ and ^ .), respectively. Measured 
pressure data were used to obtain flap hinge moments about the leading edge 
of the flap and the normal force in two ways: 1) by integrating centerline 
pressures only, to assess the effects of the oncoming boundary layer (dashed 
line); and, 2) by integration of both spanwise and chordwise distributions, 
to obtain the combined effects of the upstream boundary layer and the finite 
span. The hinge moments and forces in the later case were calculated by 
assuming that the measured centerline pressure existed laterally until edge 
influences became important and that the pressure then declined linearly to 
the value at the edges. Obviously, the pressure along the span edges of 
the flap are dependent upon the geometry of the plate on either side of the 
flap. In the present experiment, the plate sloped away from the primary sur¬ 
face at a 15 degree angle, starting at the station of the flap leading edge. 

The results in Figures 44 and 45 clearly show substantial losses 
in flap effectiveness due to edge effects and, to a lesser extent, upstream 
boundary layer effects. The latter effect becomes important when the chord 
dimension is on the order of the approaching boundary layer thickness. In 
addition, the degradation in flap performance due to edge effects is a 
function of the flap chord, as a greater percentage of the surface is 
affected by the edge with increasing chord. The case where the dimensions 
of the chord and span are such that edge effects are important across the 
entire span was not addressed in the present experiments. Although the 
results in Figures 44 and 45 are strictly applicable only to the flow 
situation and flap dimensions addressed under this test program, it is 
apparent that flap design must properly account for the effects of both 
finite span and the approaching boundary layer. 

3.4 Leading Edge Bluntness Effects 

Comparisons of centerline pressure and heat transfer distributions 
are shown in Figures 46 and 47, respectively, for leading edge bluntnesses 
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of 0, 0.5 and 1.0 in. radii. As the heat transfer data illustrate, it 
appears that prior to the plate/flap junction, flow was at best transitional 
for the 0.5 inch radius, and was probably laminar for the largest bluntness. 
Therefore, effects of bluntness in a turbulent boundary layer could not be 
assessed. However, it was found that Elfstrom’s method for predicting flap 
surface pressures agreed very well with the data, giving greater credibility 
to the method for arbitrary Mach number profiles in zero pressure gradient 
flow. As expected, pressure recovery on the flap is much smaller for the 
blunted leading edges than the sharp leading edge, indicative of not only 
lower Mach numbers present in the boundary layer (presumably laminar for the 
blunted configuration) but lower edge Mach numbers because of nose bluntness. 









CONCLUSIONS 


Experiments were conducted at the NASA Langley Research Center 
Continuous Flow Hypersonic Tunnel to investigate the influence of finite 
span on the pressure and heat transfer distributions on flaps subjected to 
a hypersonic, two-dimensional flow under turbulent boundary layer condi¬ 
tions. The primary experiments were performed using a flap attached to a 
sharp leading edge flat plate which was inclined to the freestream such that 
the Mach number approaching the compression corner was 6.1, with a corres¬ 
ponding wetted length Reynolds number of 8.8 x 10^. Flap angles were 
varied from 0 to 15 degrees and flap spans of 5, 4 and 2 inches were tested. 
Surface pressure and heat transfer measurements were made on the flat plate 
and flap, and pitot pressure surveys were obtained just upstream of the 
compression corner in order to characterize the approaching turbulent 
boundary layer. 

Analysis of the data resulted in several observations and con¬ 
clusions: 

1. Two-dimensional, supersonic flow with a turbulent 
boundary layer was obtained at the compression corner 
of the flat plate/flap model in the NASA LaRC CFHT 
only when the model was inclined to the freestream 
flow at 12 degrees angle of attack. 

2. Flap centerline pressure and heat transfer data 
obtained during this test series agree with previous 
data and with methods developed both by Elfstrom and 
by Coleman and Stollery, for conditions where edge 
effects were not present. 

3. The approaching boundary layer Mach number profile 
is critical to the determination of the pressure and 
heat transfer distributions on the flap. Elfstrom's 
method for predicting the flap centerline pressure 
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distribution appears to be applicable to arbitrary 
upstream Mach number profiles. Although the method 
was derived for turbulent boundary layer flows, 
calculations using this approach are in general 
agreement with the blunted leading edge flat plate 
data for which the boundary layer approaching the 
flap was, at best, transitional. All comparisons 
were made for zero pressure gradient flow. 

Edge effects can lead to substantial reductions in 
surface pressures (and corresponding hinge moments), 
but show only a small influence on heat transfer 
distributions. 

Reasonable correlations of finite span effects on 
flap pressure and heat transfer levels can be ob¬ 
tained by considerations of the location of the 
primary expansion wave (Mach line), associated with 
the edge Mach number behind the flap shock, emanating 
from the leading edge corner of the flap. 
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